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Recent advances in the effort to demonstrate the propulsion capabilities of a microcavity discharge
(MCD) thruster are discussed. The MCD thruster is being developed primarily through an experimental
effort with support from computational modeling, and predicts an ultimate performance of 1 mN of thrust
per cavity, a thrust efficiency exceeding 60%, and an argon specific impulse of 150 seconds. Because the MCD
thruster has low specific mass and is scalable over a large number of cavities, successful implementation
would ultimately result in an advanced propulsion system useful for primary (orbit transfer, maneuvering)
and secondary (attitude, position and acceleration control) applications for a wide range of satellites.
Experimental measurements are taken with MCD thrusters designed and fabricated according to parameters
suggested by computational simulations. These measurements determine the stagnation temperature, from
which specific impulse, thrust efficiency, heat loss and micronozzle efficiencies can be derived. Since the
extremely small dimensions of the MCD thruster and fast oscillatory phenomena associated with AC
excitation make experimental diagnostics of the device very difficult, a detailed first-principles computational
model provides time-accurate solutions of the multi-species, multi-temperature, self-consistent plasma
governing equations for discharge physics, coupled to the compressible Navier-Stokes equations for the bulk
fluid flow through the MCD thruster. The computation employs a hybrid unstructured computational mesh
for the MCD thruster geometry that represents both the solid dielectric structure that confines the flow and a
separate mesh for the plasma and flow fields.

Introduction

To fully utilize the potential of a spacecraft or satellite, propulsion is necessary for any numbasiofh mi
applications. Recent advances in microcavity discharge (MCD) technology have made compact and efficient
electrothermal thrusters a viable option for fulfilling this rol€he MCD thruster (Fig. 1) is an electrothermal
thruster composed of a propeit supply and feed system, two or more Al electrodes powered by a-500
kHz, 4001600 V AC supply, a 16800 um diameter cavity in which the discharge plasma is created, and a
moderate Reynolds number micronozzle. The key technology behind thetiMi@iZeris the MEMsscale plasma
dischargé. Over the past decade, it has been found that low temperature plasma confined to a microcavity has
several remarkable properties, includengeragespecific power loadings (i.e., volumetric power depositioa the
plasma) of up to ~1000 W/mimoperating pressures 45-100 kPa and electron temperatures o63eV. This
region of the parameter space loady recentlybeen accessible to plasma scienmng it is already clear that these
parameters open entiratew avenues for applications of plasma technology.

The V-l characteristic of the MCD is shown in Fig.Microdischarge arrays of paralel cavities can be scaled in
power from 100s of mW up to kW leveéls)nlike normal glow or arc discharges that have gatiee resistance ¥
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characteristic and are thermally unstable in parallel without ballast, the microdischarges operate in the abnormal
glow mode, with an ionization fraction of <<1% and a positivé dharacteristic (Fig. 2), thus allowing parallel
operdion and power scaling. The-Mcurve is discontinuous at a breakdown voltage characteristic of the gas.

By leveraging microfabrication techniques developed largely by the VLSI and MEMs communities, researchers
at lllinois have successfully fabricateddanperated microcavity plasma devices with cavities having characteristic
dimensions as small as 10 finkurthermore, arrays comprising as many a% rhirocavities have now been
realized.

The MCD thruster potentially has a number of advantagesuding:

1. Discharge power densities of 20000 W/mni.
2. Low wall heat loss due to a wall area on the order of 0.05 pemcavity.
50.- 500 kHz. 500 V. 2 mA. 1 watt 3. Operating temperature of over 1000 K.
P e Temperatures of 1500 K have been
SUPERSONIC NOZZLE observed and temperatures of 2000 K are

MICROCAVITY !
DISCHARGE ~ Re >1000, ~ 100 ym THROAT possible.
(ABNORMAL GLOW) 4. lonization fraction of << 1% and small
;x;:j"s"T 2000 K resulting frozen flow losses.
5. No auxiliary systems, e.g. neutralizer or
/ igniter are needed.
50 - 200 kPa . .
PROPELLANT . — 6. Operating pressures are approximately 1
GAS (argon, neon, etc.) — atm, giving nozzle Reynolds numbers of
:‘ >1000, and acceptable viscous losses.
7. Power processing accomplished with a
DC-AC converter with low mass, and

with PPU efficiency exceeding 95%.

Al - Al,O; ENCAPSULATED 8. No exposed electrodes (capacitive

FOIL STRUCTURE discharge coupling).

FLOWLENGTHLID=1-2 9. Very low system mass and volume for use

Fig. 1. Schematic of micro-cavity discharge on low mass (<10 kg) satellites.

(MCD) electrothermal microthruster. Our motivations for adapting MCiechnology
to the micropropulsion field ardhe expected
system benefits of high specific thrust, high thrust density, and high specific power, with high propellant utilization
and a simple lowmass power processor. These aspects of MCD technology @ebbiefor a number of reasons.
First, an MCD thruster operates at the low power level available on nanosatélitégionally the MCD thruster is
capable ofgenerating higher thrust than nelectrothermal forms of electric propulsion, which increatbes
operational lifetime of a typical nanosatelliteFor

microdischargébased electrothermal thrustergas L L L
heating to temperatures in excess W00 K is o0 | 3X3Amay |
possible. The microdischarge gas temperature can b LR
tuned to range from ambient to high values by . :::150KHZ = o
changing the power input The overall thruster —a—15 M < . e
efficiency is predicted to be greater than 60% an_ 60F —v—20 A Vead AT
. . . . a o O /A/ -

power scalability is straightforward over a wide range.* - o a M
by operating large numbers of discharges in paralley |- mecs gt 0 1
Additionally, the service lifetime of the thres is & 40l / 7/ / ]
expected to be long due to the lack of exposeS =7 fY 100 um
electrodes and the capability of operating withou /O/‘V/ e
auxiliary components o /'/‘v/

In addition to the high power loadings and electrol 'oA;/ . T e
temperatures that are generated inside a microcav - / /4 Ao, Al 200um
discharge, the constriion of MCD devices offers a L
number of advantages over other thrusters, particular 8=d B2 o4 o8 OB 10 42 & 48 18 B0 22

with regards to nanosatellite (nanosat) application:
One immediately apparent advantage of the MCL

thruster is its extremely compact size, which enable Fig. 2. Voltage-current (V-I) characteristics for a 3 x 3

to fall within the extremely limited volume and mas cavity array of ALOyAl micro-discharge device,
requirements of nanosats.

RMS Current (mA)

qualitatively illustrated in the inset.
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Nanosat Applications An immediate question is what range of efficiency and specific impulse are appropreate for
nanosat electric micropropulsion systefflight EP systems having efficieyn [%] and specific impulseJ[s]

include the pulsed plasma thruster (10%, 1000 s); the resistojet (50%, 300 s); the Hall thruster (50%, 2000 s); and
the ion thruster (70%, 3000 s). Other EP systems in advanced development are the colloid3d¥isten(s);

and the FEEP thruster (95%, 60§)0 Propulsion selection for nanosats depends on the propulsion capability,
expressed in terms of the maneuver time and the required orbital maneuver exggaAs5ethd also on the mass

and volume availableof the propulsion system on the nanosat.

The approximate range of specific impulse for nanosat microthrusters is found by writing a simplified version
of the equation describing the maneuver ttmexjuired to achieve a velocity chantjé, where:

AV ~ Tt [thrust x maneuver time/mass].

The AV equation is approximate, because for simplicity, the satellite madsstaken a constant during the
maneuveri.e.only a smallmass fraction ofuel is consumed.

The exhaust energy equation is used to deffiree thrust efficiencyn as the ratio of net thrust power to
propulsive powePy:

VU2 =4TU, =1 P, + (LhU?),

wherethe cold thrust powgg mUj)C =;TU_ is the exhaust power witlit thruster heating For many thrusters,
e.g. ion, Hall, PPT, etecold thrust power is small or negligible, but for electrothermal thrustersjtpsoximately
independent of thruster heatinghe thrust efficiency is then:
mU2" (LmU?2), _ #(LmU?)

P $P

P

1
I =2

where ¢ is the power fractiorP,/P, defined in terms of the propulsivoowerP,, and the maximum nanosat bus
power P produced by the solar panels. Typicallyz 0.5 but¢>1is possible with batteries and deployable solar
panels

For a typical electrothermal case whereg QU . the maneuver time becomes:
! %ll VlJe
#$(P/m)

This equation for maneuver tinteshows that for a givenV, reduced maneuver time requirkesv specific
impulse, high efficiencyy, high power fractionp, and high specific powd?/m  For a rapid response system we
haven¢ ~ 0.50 and®’/m~ 1 W/kg. To summarize:

1. For maximum nanosat mission capability, it is always desirable to maximize effigjepower fraction, and
specific power P/m, recognizing thatd and P/m have limited range.

2. For a desired maneuvering capabilit§; andthrust timet, the specific impulse is determined.

To find the maneuver capabilitdV in terms of specific impulse and maneuver time, the maneuver time
equation is rewritten:

Ay = 219(P/m)t
UC‘
This equation, showing that the introduction obastrained maneuver time giva¥ varyinginverselywith I,
is counterintuitive, in that highV interplanetary missions are high specific impulse. The conclusion is that, in order
to minimize orbit transfer timesnore maneuver capability is available faropulsion systems with low exhaust
velocity and specific impulseTo insist incorrectly on a high specific impulse is to incur a long time to perform the
maneuver or to limit thaV capability of the nanosat.

A relevantquestion is the appropriate never time for a nanosat. Because we are dealing witkcdstv
nanosats with limited design life (~1 year) in a rapid response environment, it is not useful to have maneuver times
of weeks or months and their associated delayed response, high missiool sapport costs and satellite
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downtimes. It is more reasonable that the time to perform a maneuver should be measured in days. Table 1 gives
some typical values afV per day for a maneuverable nanosat, as a functiog, &/e assume thajp ~ 0.50, P/m

~ 1 W/kg g ~ 10 m/§ and that the desired time for a single maneuver is 1.0 days. The results of Table 1 are also
plotted in Fig. 3.

Table 1. Nanosat Propulsion Capability for n¢ = 0.50 and P/m =1 W/kg.
Shaded area is optimum for time-limited maneuvers.

Type Spec. Impulse, s | t, days | daily AV, m/s | fuel fraction, ms/mo

Electrothermal (ET) | 50 1.0 173.0 0.290

ET 100 1.0 86.4 0.083

ET 150 1.0 57.6 0.038

ET 200 1.0 43.2 0.021

ET 400 1.0 21.6 0.0054

Colloid 700 1.0 12.0 0.0030

Hall 2000 1.0 4.3 0.0002

lon 3000 1.0 2.9 0.0001

FEEP 6000 1.0 15 0.00005
From Table 1 and Fig. 3, the Oswe AV and Fuel Fraction vs. Isp

spotO for nanosat orbital maneuve (NanosatManeuver Time =1 day, n¢ = 0.5, P/m = 1 W/kg)
(shaded region) is in the 1@400s range
of Isp, whereAV is relatively large, but the I ¢ g
fuel fraction is reasonably small. For 50 :
typical of cold gas thrusterg\V is high !
but fuel fraction is too large. Fdg, > L
2000 s, thaV per day is too small to be 100
useful in timeconstrained maneuvers
The colloid thruster, at 700 s an80%
efficiency, could eventually be considere
assuming significant improvements i
efficiency and system volume, but i
presently not competitive.

1041

--------+-Colloid--

Sdeeeee---i---Hall----]

o7 P—— 1 0.01

AV

AV (mls)
uonoel4 |an4

We notedthat a nanosat propulsior
system could operate from batteries. Fol
5 kg, 5 W nanosat operating for one da) P —
the required energy is 432 kJ = 120hN ;
Lithium-ion batteries of this size would
have a mass of about 1 kg, or 20% of tt i
satellite mass, makindpattery operation P
possible. Batteries could be used ir 0.1 i A ...l 0.0001
conjunction with photovoltaic cells to 10 100 1000 104
increase power and decrease maneuw Iy, (S)
time, effectively providingy > 1.
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Fig. 3. Operating envelope for nanosat propulsion. Maneuver
time is one day, requiring high thrust and reducing specific
impulse to the electrothermal range.

Electrothermal thrusters in principle
can operate at high efficiency at lo,
They have no inherent requirement fo
highly ionized propellant, which can be
made sufficiently conductive with an ionization fraction o H10° and can be designed with a sufficiently high
Reynolds number nozzle

Experimental Approach

Experimental research on the MCD is being undertaken at the University of lllinois. AitbedyICD thruster
can be run in the atmosphere, testing is performed under vacuum in order to ensure that sonic flow is reached in the
throat of the thruster and to measure thrust in a relevant operating environment. Two vacuum facilities are used for
testing, each capable of achieving*#10° Torr using turbo pumps.
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Propellant gases are supplied to the
e ———————  thruster from their higipressure source
600 L .ot Ar 1 through a system of mass flow controllers
I and metering valves. Since the higtessure
SR 1 source remains atoostant pressure and the
[ gopmaui ' 1 metering valves include a choked orifice, the
500 gap=100 pm o ' 4 propellant gases are supplied at a constant
[ mass flow rate. The plenum pressure is
measured with a piezoelectric pressure
transducer. The Unitass flow controllers
- : and pressure tradscer are connected to a
g ' 1 computer running National Instruments
¥, ' LabVIEW for data analysis and acquisition.

¢ >PHO
L]

e oM

400 |

Vg [V]

300 [
i Input power is measured using a high
voltage probe and a Pearson current monitor,
200 L g il T 1 connected to a fowhannel digital
pul L 1 uul Ll r 1 auul L1l 11l OSC”IOSCOpe Power |S Ca|CIIJH§Hi as the
0.001 0.01 0.1 1 10 100 summation of the product of the
instantaneous current and voltage values over
p-d [Pam] one cycle. The oscilloscope is also connected
to LabVIEW for data acquisition.

Fig. 4. DC Paschen curve for argon with varying
electrode gaps’. Here we discuss two types of tests of the
MCD thruster: Paschen curve testing and

distharge heating testing. The procedure for both types of tests begins with achievingvachigim condition.
The propellant gas or mixture of gases is then fed to the thruster at the desired plenum pressure and/or mass flow
rate. Voltage is applied todhthruster until the breakdown of the propellant gas(es) into a plasma is observed and
the breakdown voltage is recorded. For a Paschen curve test, the voltage is then shut off and the procedure is
repeated for different plenum pressures. For a discheegiing test, the voltage is increased further and the steady
state mass flow rate and pressure are recorded. The increase in pressure, caused by the decrease in density of th
heated flow at the throat, is then used to calculate the rise in tempehatinge the discharge.

Voltage Breakdown

In order to establish the minimum voltage needed to achieve a breakdown in the microcavity, we determine the
thruster electrode Paschen curve, which plots the beakdown voltage as a function of pd, the produfetedf th
pressure and the effective
electrode separation distarfce o
In the usual configuration, pd is
easily calculated since the 700
ambient pressure and electrod

separation distance are knowr o
W|th the MCD, hOWeVer, —_ Cobine theoretical 20
determining the relevant| — l micron gap AC

electrode sepatian distance is . pf === S : ; £500
not straightforward since the| | —
electrodes are insulated. At
aspect of generating an MCLC|
Paschen curve is thus tc
determine what value to use fo|
the electrode separation distance

Cobine theoretical 200
micron gap DC

Cobine theoretical 20
micron gap DC

X

400

300

Breakdown volta

The appropriate separatior}
distance was determined b
compaing the experimental
Paschen curve for the thrustel|
using two different values for the

200

W DC Breakdown 20 micron Gap
¥ DC Breakdown 200 micron Gap 100
B AC Breakdown 20 micron Gap

electrode separation distanc : . - . : . ‘ . ‘ 0
(geometric distance between thoy 050 100 15 200 25 300 350 400 450 500 0
foils and cavity diameter), to DC

Paschen curves (Figl) for the pd [Pa-m]

corresponding pd characterisfic.
The DC Paschen curve was
generated with a DC signal
whereas the MCD thruster

Fig. 5. Paschen curves for an MCD test electrode, with
theoretical curves from Cobine.’
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operates via AC with a frequency of-260 kHz. The DC Paschen curve was produced using unshielded aluminum
electrodes, as opposed to the aluminum oxide dielectric layer preserg efedkrodes of the MCD thruster. In
addition, conventional Paschen curve testing is performed by gradually increasing the potential between two
electrodes and noting the point at which the first spark jumps or arc forms between the electrodes.

Since tle MCD thruster is a dielectrigarriertype discharge, a slightly different method is used to determine the
breakdown point. As will be discussed later in the computational modeling section, the current waveform has a
distinct spike that forms during disarge. As the voltage is increased, the spike in the current waveform appears in
an abrupt manner at a certain voltage, and it is this voltage that is recorded as the breakdown voltage.

The results of the initial Paschen curve testing can be sdég.if, which shows that the breakdown voltages
for DC and AC discharges show good agreement assumingua 8@p. This leads us to conclude that the relevant
electrode separation distance is the direct separation distance between the two aluminum foils, in thignease 20
since each foil is coated with a fufh thick oxide layer.

With the appropriate electie separation distance established, Paschen breakdown testing was conducted on
several electrodes, to serve as a guide to the approximate voltages necessary to achieve sufficient heating. Thrusters
which generate curves falling far outside of the normageahave been found to have a flaw or defect, which will
result in their rapid destruction under testing. It has been experimentally determined that the Oheating regimeO of the
thruster occurs at approximately t800% of breakdown voltage. With the curregeneration of thrusters,
increasing the voltage above 200% of breakdown carries a high risk of shorting the two foils and destroying the
thruster.

Propellant Heating and Thermal Efficiency Measurements

The principle measurements needed to validatedénrmance of the MCD thruster are heating capability and
thermal efficiency. The heating capability of the thruster is determined by the increase in stagnation temperature.
The thermal efficiency of the thruster is:

me, AT
nrhermal = P (1)

input

The MCD is a chokeflow discharge, and since heating occurs in the subgsegiecne, the AT value can be
calculated fronthe change in flow conditions between the base state and the mean steady state produced by the AC
discharge.

The total measured mass flow raieis expressed in terms of the discharge coefficient, which for a sharp edged
orifice is:

m

Cp =— @
rT1heo
Experimentally, @ varies from 0.5@0.92 due to foil misalignment. The theoretical mass flow gte i
. T Im *
i = "t A = ®)

where the subscriph denotes a property for a mixture of gases, and where R and p, are as follows.
Assuming two gases are present in the mixture, the molecular weight of the mixture is:

MW. = MW. rhl,molar + MW. th,malar (4)
m 1 2
rhlmolar + th,molar rhi,molar + th,m()lar

where m,,,,., and ., refer to the measured mass flow rate of each gas on a molar basis. The gas constant for

the mixture is then:

_ R

R MW ®)

where R . is the universal gas constant.
The mixture heat capacity at constant pressure is similarly caltulate
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_ m m,
C,,=C | ——— | +C_ ,| —=— 6
pm p’l[mﬂ‘nz] p’z(mﬁr‘nz] ©)
and C, , refer to the heat capacity at constamtssure for each gas.

1
The above equations then allow the determinatiop,of

C

TS ™
Cp,m - R}’ﬂ

where Cp

Since 7, m, and 4 are measured quantities apdis related top, by

Yl

o2 Y
O bl (8)

T" can be calculated by numerical methods, Brdn then be extracted from Eq. (10) below. During test runs, the
peak tempetare is calculated using both methods to ensure accuracy. The difference between the two values
seldom exceeds 5%, although minor fluctuations in the mass flow rate make the discharge coefficient method the
more accurate of the two.

The discharge coeffient, combined with
the measurement of the mass flow rates and POLYIMIDE COATING TO
change in static pressure (since the flow velocity INCREASE RESISTANCE
is assumed to be zero upstream of the orifice, TO ARCING
this is also the stagnation pressure) allows for the 180 umTHICK

bulk gas temperature to be calculatedrfro FOILS COATED
WITH 10 pmTHICK T
D 2 OXIDE LAYER /
_ 0,heating / N\
Tgas,bulk - Tbase (9) N\
pO,base AN

where Po heating and p, . refer to the peak

pressure during heatingnd the initial pressure f
respectively, and 7, is the initial gas [

temperature.  Additionally, the discharge

coefficient is assumed to remain unchanged from
its cold flow values during discharge, as the
heating occursupstreamof the throat. This \
assumption also allows for the gas temperature
to be calculated from theonic relations: ‘

Flow P

/

/

.
4/ | ¥5=< BORON NITRIDE

ya

T = 0{ 2 j (10 e [ DISCHARGE SHROUD
y+1

Fig. 6. MCD thruster test electrode.

A variety of electrode configurations and Effective foil gap is 20 pm.

propellant gases have been tested to date. Initial
testing of the MCD thruster was performed with
neon and necnitrogen mixtures as the propellants and the electrodes were fabricated with integsabped

nozZes. Computational modeling revealed that much of the gas heating and plasma formation was occurring in the
supersonic region of the nozzle, which in addition to lowering the efficiency of the thruster, madsadledv ]
measurements extremely difficult tdtain. The current generation of MCD thrusters are of a Oconverging stepO
design that restricts the plasma formation and gas heating to the subsonic section of ti{&igogile

The fabrication of an MCD thruster electrode is a timtensive process The basic structure of the MCD
thruster is composed of two or more electrodes stacked in a OsandwichO configuration with a microcavity drilled or
etched through the stack. The electrodes are created by growing an oxide layer on pure aluminumefoils. Th
microcavity can be either drilled using a commercial micro drill bit or created with a wet chemical etching process
(Fig. 7)® In order to reduce fabrication time electrodes are drilled and then subjected to an electropolishing process
to ensure a smootcavity. The foils are then aligned and connected together using an epoxyAasaaditional
layer of polyimide sheeting is added between the two foils to increase resistance to arcing.
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The experimental procedure for measuring propellant heating tlaganal
efficiency involves the simultaneous measurement of the flow parameters and the
current, voltage, and power applied to the thruster. To simplify this task, all data is
recorded by a computer running National Instruments LabVIEW. The mass flow
rates are measured and recorded with mass flow controllers and the line pressure is
recorded using a piezoelectric pressure transducer. The voltage and current
waveforms are taken by a voltage probe and current monitor and are connected to a
digital 4-chanrel oscilloscope with a sampling rate of 200 MHz. The input power is
calculated as the product of the instantaneous voltage and current values multiplied
by the time step, then integrated over two or more cycles, and then divided by the
total measurementnie. The discharge temperature is obtained as detailed above,
with all heating values being measured against the zero heating base state.

15.0kV 10.2mm x600 SE(M)

Fig. 7. ALO; micro-
machined bell nozzle for

MCD thruster. Table 2 shows representative values for the heating capability and thermal

efficiency for the current generation MCD thrusters. All data is takewith a
mixture of argon and nitrogen as the propellant gases.
Table 2. Propellant heating and thermal efficiency tests.
Ar-N, mixture, 40 kHz, 55 um electrode gap.

Base Line Pressure [kPa] 10 22 20 18
Total Mass Flow [rg/s] 0.55 2.04 2.28 1.23
Percent N 37 10 19 16

Power [mW] 735 5350 1210 790

Peak Temperature [K] 670 1370 530 830
Thermal Efficiency, % 19 23 26 49

These results demonstrate that the MCD is capable of moderate thermal efficiency while geneglating hi
temperatures. Thruster performance will eventually be determined by coupling to a micronozzle for which
performance has been characterizeld.is also expected that the efficiency of the thruster can be further increased
with improvements to the mafacturing process. Increasing the thickness of the oxide layer is expected to both
increase the resistance of the electrodes to arcing as well as better insulate the aluminum foils from the gas heating.

We are currently developing a method to increaseottide layer thickness inside the cavity while reducing surface
roughness and obtaining optimal nozzle contours.

8

American Institute of Aeronautics and Astronautics



current(A)
potential (V)

200

S

o
SPotential (V) ©

(GGG&
|

o

1200

300
.
ZE07

| L L | L
1.6E-07 1.8E-07
Time(s)

R = .

electron density #m3) 2E+14 1.18383E+15 7.00726E+15

Fig. 8. (Left panel) Applied voltage and pulsed current waveform through a half cycle for the
MCD thruster. (Right panel) Development of electron density contours in the MCD thruster

during discharge pulse for a half cycle.

Computational Modeling

In order to provide direction for the experimental component of the development program, a computational

modeling &ort is currently underway at the University of Texas at Austin. The computational effort has produced a
number of results that have greatly simplified the characterization of the parameter space.

| "IN | 'm

power density W/m3) 1000 170751 2.91559E+07

lon Joule heating

electron elastic collisions

electron inelastic collisions

Fig. 9. Contours of ion Joule heating, electron
elastic collision and electron inelastic collisions

contributions to overall gas heating in the MCD
thruster.

The discharge in the MCD thruster is seen to be
pulsed &lower frequencies, ~ 5800 kHz, while it is
capacitively coupled at higher frequencies ~ 10MHz.
Figure 8 shows the variation of electron density during
a pulse in the negative half cycle of a 10 MHz applied
voltage. The current shown here is at theugded
electrode and begins to flow at an applied potential of
250 V in argon. The electron density increases as the
magnitude of potential increases. Charge trapping on
the dielectric surfaces produces an electric field that
opposes the applied electriield. This quenches the
plasma and thus the electron density reduces during the
fall of the current pulse. The current pulse width, ~20
ns, remains approximately the same and does not
depend on the frequency of applied voltage
waveform®® Thus at higherréquencies the plasma is
sustained throughout the voltage waveform to increase
power deposition.

The power deposition into the background gas
happens through three different mechanisms: ion Joule
heating, and elastic and inelastic collisions with
electrors. The ions gain energy from the applied
electric field and collide with background neutrals and
which increases their temperature. Only a fraction of
the total ion joule heating is thermalized with the
neutral species while the rest of it is lost to thedlsv
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The background neutrals gain energy from elastic collisions with fast moving electrons, and undergo inelastic
collisions with electrons to give rise to ionized or excited species, which can result in gain or loss of energy
depending on the enthalpyf the reaction. Figure 9 shows the spatial distribution of the three different power
deposition source terms at the peak of the current pulse shown in Fig. 8. lon Joule heating is seen to be the dominant
heating mechanism during the discharge. Detailsrdaga the plasma model and finite rate argon chemistry used

are given in Ref. 10.

Conclusions

As nanosatellites become an increasingly utilized tool in space missions, the need for a compact and efficient
propulsion system becomes ever greater. As skl previously, no propulsion system currently exists that can
meet the unique needs of nanosatellite propulsion. The MCD thruster is a promising attempt to bridge this gap due
to several unique factors: first MCD devices are extremely compact, sntedlewvirtually any other propulsion
system; second MCD thrusters are predicted to be highly efficient and capable of operating Hingiteder
systems, and finally MCD thrusters are capable of providing thrust levels necessary folushiivsh nanosatété
missions.

Theoretical analysis of MCD thruster performance has revealed a number of design tradeoffs, which suggests a
path for thruster optimization. A computational effort is underway to provide guidance and validate various thruster
experiments. Initial performance measurements of the MCD thruster suggest it will be efficient and capable of
generating the thrust required for various satellite operations.

An area that remains to be explored is the optimization of the propellant, plenum presdutkeraal
efficiency. It has been observed that a highgcdhtent can lead to increased heating, but only to a certain point.
More experiments are needed to determine the optimum propellant mixture for maximum heating and efficiency.
Another conceriis the durability of the thruster. Since the MCD thruster does not have exposed electrodes, it resists
to arcing and other forms of cathode erosion, but defects such as microcracks and other flaws introduced in the
manufacturing process can lead to falwof the thruster since it operates under high temperatures and voltages.
Methods to increase the cavity durability are currently being explored and preliminary results are promising.
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